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Abstract

Periapsis time estimation may be used to schedule on-orbit activities in an automated fashion. Previous
applications of periapsis time estimation include aerobraking sequence timing adjustments for Mars orbiter mis-
sions. The Aerodynamic Deorbit Experiment (ADE) CubeSat will apply an algorithm for periapsis time estima-
tion to autonomously schedule inertial measurement unit data acquisition during low-altitude atmospheric drag
passes in Earth orbit. Following deployment of a drag sail, ADE will deorbit from an initial geosynchronous
transfer orbit. During each drag pass, centroiding and integration of the measured acceleration profile are used to
determine estimates of the periapsis time and the change in velocity, respectively. The orbital period is then up-
dated, and the time of the subsequent periapsis is predicted. Simulation and analysis of the periapsis time estima-
tion performance shows that the algorithm can predict periapsis times with an average error of 60 seconds and
1-sigma deviation of 20 seconds, based upon the root-sum square of individual error sources. This level of accu-
racy in the periapsis time estimation is sufficient to meet the measurement objectives for the Aerodynamic Deorbit
Experiment.

1. Introduction aerobraking applications at Mars (Johnson, 2003;

L . . Spencer, 2007; Denis, 2018). Aerobraking missions
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oped and validated using atmospheric drag pass accel-
erometer data gathered from the Mars Global Surveyor
(MGS). This first iteration was based on a periapsis
timetable, a list of the predicted times of future periap-
sis passes, which could be updated via ground com-
mand. The PTE used a centroiding scheme to calculate
the “time-center” of an acceleration curve gathered
during a drag pass. The difference between this meas-
ured drag pass centroid and the prior predicted periap-
sis time was then used to provide adjustments to the
subsequent periapsis time predictions, and the associ-
ated timing of the sequenced aerobraking activities.
This method of PTE suffered from significant errors in
large-period orbits greater than six hours, but for short-
period orbits, the predicted periapsis times matched
navigation reconstructions well, generally to within 30
seconds (Johnson, 2003). Lockheed Martin’s PTE was
improved upon and applied to Mars Odyssey and
MRO aerobraking, as well as the MAVEN “deep dive”
campaigns (Jesick, 2016). For these missions, the
spacecraft’s orbit period was calculated from the time
between two consecutive time-centers. Acceleration
data was used to estimate the change in velocity from
each drag pass. These values were used to improve the
accuracy of the upcoming periapsis time estimation.

The PTE algorithm serves as the cornerstone of au-
tonomous aerobraking capability. Aerobraking ma-
neuvers require precise timing for sequences to suc-
cessfully execute. For aerobraking missions without
an onboard periapsis time estimation process, periap-
sis times were calculated on the ground and uplinked
to the spacecraft as a file. However, due to orbit-to-
orbit density variations, these estimations would
quickly become inaccurate (Johnson, 2003). For mis-
sions with periapsis timing requirements but limited
communication windows, such as MAVEN, PTEs of-
fer self-updating time estimations that do not rely on
constant maintenance from the ground (Jesick, 2016).
Therefore, PTEs are crucial for autonomously per-
forming time-sensitive aerobraking sequences in situ-
ations with limited uplink and downlink or varying at-
mospheres.

Discussion of PTE in the literature centers on its
use on Mars aerobraking missions for autonomous op-
erations and for recreating atmospheric profiles
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(Lyons, 2001; Chapel, 2005; Tolson, 2011). Others fo-
cus on how accelerometer data must be processed and
note that recent advancements in IMU technology may
enable the use of simpler PTEs such as this one on mis-
sions (Jah, 2001; Jah, 2008; Hanna, 2002). Current re-
search on the topic of autonomous aerobraking in-
cludes the development of more complex software in-
volving PTE-like algorithms along with other sensors
and algorithms for more accurate and more autono-
mous aerobraking (Prince, 2012; Carrelli, 2012).

In this work, the mathematical approach for PTE
and an error budget analysis are presented as applied
to the Aerodynamic Deorbit Experiment (ADE) Cu-
beSat. The ADE mission will demonstrate accelerated
deorbit capability from an initial geosynchronous
transfer orbit (GTO) using a deployable drag sail.
ADE presents a novel application of a PTE. This PTE
will function at Earth rather than at Mars, flying on a
small satellite with a commercial off-the-shelf (COTS)
inertial measurement unit (IMU), which is in contrast
to large interplanetary probes with advanced IMUs.
PTE is especially useful for satellites like ADE with-
out GPS on-board, as a GPS-produced position and
time could be used to propagate and generate accurate
periapsis time tables. The PTE algorithm is similar to
the PTE used on Mars Odyssey and MRO, although
the exact implementation of the earlier algorithms is
unknown as these heritage PTEs are considered pro-
prietary.

ADE will apply PTE to control the timing of IMU
data acquisition for each drag pass centered on periap-
sis. This automatic periapsis estimation ability is de-
sired to avoid the operational constraint of frequently
uploading tables of periapsis times. Additionally, us-
ing daily two-line elements to propagate out these per-
lapsis times requires assuming a certain drag sail ori-
entation and atmospheric conditions, whereas using
actual acceleration data does not require these assump-
tions. The PTE mathematical model is presented in
Section 2, and the application of PTE to the ADE mis-
sion is provided in Section 3. Discussion of PTE sim-
ulation and testing is presented in Section 4, and anal-
ysis of error sources is given in Section 5. Conclusions
are provided in Section 6.
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2. Periapsis Time Estimation Mathematical Model

The PTE algorithm uses accelerometer data col-
lected onboard the spacecraft to calculate the orbital
period of previous orbits, as well as the estimated
change in velocity, or AV, at each periapsis pass. Data
from the two most recent drag passes are needed to
calculate the previous orbit period and predict the time
of the next periapsis. Figure 1 is a diagram and time-
line representing the current orbit (red), as well as the
previous orbit before the most recent drag pass (black).
The times of the two most recent periapses are given
by ti-1and t;, and are found by calculating the time cen-
troids of the acceleration data gathered around those
drag passes. The prior orbital period, Ti-1, is estimated
as the difference between the two prior drag pass cen-
troids. The time of the upcoming periapsis that is to be
estimated is represented by ti+1.

i-1

Figure 1. Orbital diagram and timeline.

Equations from two-body orbital mechanics are
used to calculate the upcoming periapsis time. The fol-
lowing equations can all be found in Curtis’s Orbital
Mechanics for Engineering Students (2005). From the
prior orbital period, the semi-major axis of the previ-
ous orbit can be found as

3 uT._ 2
Ai—1 = 1/#- (1)

Copyright © A. Deepak Publishing. All rights reserved.

The periapsis velocity at time ti, without yet con-
sidering atmospheric drag, is calculated as

Ve = Ju(2-2). 2)

Ty Qi1

In Eqn. 2, the radius at periapsis, rp, is based upon
the most recent orbit determination solution, which is
from sources such as TLEs. Atmospheric drag is ap-
proximated as an impulsive change in velocity in the
direction opposite to the spacecraft’s velocity at peri-
apsis. The magnitude of this AV is calculated by inte-
grating the acceleration data obtained during the drag
pass using the trapezoidal approximation method. Fig-
ure 2 depicts the discussed information of interest
from an example drag pass. The change in velocity due
to the drag pass, AVj, is calculated as the area under
the acceleration curve.

Example drag pass
[ I\Y

Measured acceleration
0.03 = = Time centroid t, 1

0.035

0.025

o
o
[}

0.015

Acceleration (m/sz)

=3
2

0.005

0
0 200 400 600 800 1000 1200

Time (s)

Figure 2. Sample drag pass acceleration data, time centroid,
and change in velocity.

To calculate the velocity at periapsis of the current
orbit including the effect of the drag pass, a simple
subtraction is used: V;+ = V;- — A;+, where V;+ is the
velocity at periapsis after the drag pass AVhas been ap-
plied. The following equations, alternate forms of Eqn.
1 and Eqgn. 2 respectively, can then be used to calculate
the period of the current orbit, T:. Again, the radius of
periapsis is based upon the most recent orbit determi-
nation.
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. (3)

3

Finally, the estimated time of the next periapsis is
calculated as

tivi =t + T (5)

This process allows each subsequent periapsis
time to be predicted based upon the prior two periapsis
centroids, and the measured acceleration pulse during
the most recent drag pass.

3. PTE Application to the Aerodynamic Deorbit
Experiment

3.1. Aerodynamic Deorbit Experiment Mission
Overview

The Aerodynamic Deorbit Experiment (ADE) is a
1U CubeSat in development at Purdue University. Its
primary purpose is to assess the performance of de-
ployable drag sail that is designed to provide aerody-
namic stability around periapsis. This device is a pro-
totype of a drag sail design that can be used to accel-
erate the end-of-mission deorbit of host satellites.
ADE is expected to launch in 2021 aboard a United
Launch Alliance Atlas V launch vehicle. It will be de-
ployed into a geosynchronous transfer orbit (GTO)
with the parameters provided in Table 1. It is expected
that ADE will receive TLE updates from the U.S. Air
Force 18th Space Control Squadron approximately
once per day.

Table 1. Nominal Initial Orbital Parameters

Parameter Value
Perigee Altitude (rp) 185 km
Apogee Altitude (ra) 35,786 km
Eccentricity (e) 0.7306
Period (T) 10.51 hours
Inclination 27°
Argument of Periapsis 180°
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The mass of the ADE CubeSat is 2.0 kg. The de-
ployable drag sail design consists of four 1 m long
booms, to which four triangular sections of drag sail
material are secured, forming a square pyramid geom-
etry (Long and Spencer, 2018; 2017; 2016).

3.2. Application of PTE

To characterize the performance of the drag sail,
ADE is equipped with an inertial measurement unit
(IMU) that records three-axis accelerations, angular
rates, and magnetometer readings during drag passes.
Due to CubeSat power limitations, only 25 minutes of
IMU data acquisition is planned each orbit, centered
on periapsis. With the drag sail deployed, the orbit pe-
riod changes rapidly from the initial value of 10.5
hours. Control of IMU data acquisition is based upon
a periapsis time table that can be updated via file up-
link from ground operators, or autonomously updated
through the PTE process. PTE will initially operate in
a test mode, where the calculated periapsis times can
be verified on the ground, but the periapsis time table
is not autonomously updated. Following ground veri-
fication of proper performance, the PTE process will
be commanded into operational mode, allowing auton-
omous updates of the periapsis time table.

3.3. IMU Characteristics

The ADE spacecraft is equipped with the UM7
IMU from Redshift Labs. The UM7 is a micro-electro-
mechanical (MEMS) IMU with three-axis accelerom-
eters, gyros, and a magnetometer. The UM7 datasheet
provides specifications on accelerometer perfor-
mance. The bias change vs. temperature in the X and
Y axes is —0.0074 m/s? and —0.0147 m/s? in the Z axis
(Redshift Labs, 2018). The drag pass acceleration
magnitude is expected to be about 0.03 m/s?. There-
fore, with temperature ramp ups of 10 to 15 degrees,
the resulting bias will likely be greater than the mag-
nitude of the acceleration pulse during a drag pass. The
datasheet does not offer information on the root-mean-
square noise of the accelerometer. To experimentally
estimate the noise characteristics of the IMU, static
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test data were acquired in ambient and vacuum condi-
tions. The calculated noise characteristics are
summarized in Table 2.

Table 2. Experimental Noise Characteristics of
IMU Found Using Test Data

IMU Axis Root Mean Square (m/s2)
X 0.0047
Y 0.0046
4 0.0046

From Table 2, the RMS noise in the X and Y axes
is about 0.005 m/s? and 0.007 m/s? in the Z axis. Since
the expected acceleration magnitude is about 0.03
mlis?, these observed noise levels will be significant
relative to the drag pass. The Z axis being noisier than
the X and Y axes is supported by the bias change vs.
temperature specifications in the datasheet, which
shows the Z axis as more susceptible to temperature-
induced bias, indicating that the X and Y axes accel-
erometers are less susceptible to noise and bias than
the Z axis accelerometer.

As stated on the datasheet and observed through
testing, temperature variations cause a bias in the data
gathered within the operating temperature range pro-
vided of —40°C to 85°C (Redshift Labs, 2018). The
IMU temperature increases with time following
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Figure 3. Example of temperature-induced acceleration bias.
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Temperature (°C)

turn-on and results in a corresponding increase in ac-
celeration, as shown in Figure 3 (left side chart). The
right plot in Figure 3 depicts the correlation between
measured acceleration and temperature during this
static test.

3.4. IMU Data Processing

A data processing scheme will be run on the data
collected from the IMU before the data are passed to
the PTE algorithm. A window filter will filter out
noise, and a temperature-acceleration calibration will
correct for changes in accelerations due to drift over
time and temperature-induce bias. To correct the ac-
celerometer data, a cubic fit is performed on calibra-
tion acceleration and temperature data collected dur-
ing the drag pass. Since the durations of the accelera-
tion pulse during drag passes are expected to be less
than the 25 minutes of IMU collection, two-and-a-
half-minute calibration periods are utilized from the
beginning and end of the acceleration dataset for each
drag pass. These pre-and post-pass periods are charac-
terized by negligible acceleration at orbit altitudes
with negligible atmospheric density. The calibration
process then subtracts out the fitted bias and drift.

Both IMU noise and bias pose an issue to the PTE,
as non-zero noise and bias artifacts after correction
will be integrated in calculating the estimated AV each
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pass, incorrectly increasing or decreasing the AV. To
mitigate this issue, a thresholding function was imple-
mented to allow PTE to discard acceleration data be-
low the filtered data’s noise levels, which also discards
some remaining bias. The threshold has been chosen
to be a quarter of the peak of the pass, updating with
each pass.

4. PTE Simulation and Testing

High fidelity propagation software was used to test
the functionality and accuracy of the PTE. An ADE
scenario was created in the General Mission Analysis
Tool (GMAT) with an epoch chosen to be June 1st,
2021. The scenario was run until deorbit, and simu-
lated acceleration data was calculated from the GMAT
data. Acceleration due to atmospheric drag is input
into PTE at one-second timesteps, providing a set of
nominal accelerometer data for every drag pass. The
acceleration due to lift and side force are assumed to
be zero so that all acceleration measured by the simu-
lated IMU is assumed to be drag. Random noise is
added to the acceleration data points by using the val-
ues in Table 2 as standard deviations for a Gaussian
distribution. The biased acceleration data and the tem-
perature time-series data are simulated using two-term
exponential functions based on curve-fit parameters
gathered from static testing data. These data include
the temperature ramp-up that results in observed ac-
celeration bias, different from the noise parameters in
Table 2, which were measured after temperature stabi-
lization. Each bias parameter is allowed to deviate in a
Gaussian distribution centered around the original
curve-fit parameters, resulting in randomly generated
but correlated curves. The standard deviations used for
these Gaussian distributions were derived from coeffi-
cient 95% confidence intervals calculated during the
two-term exponential curve fit.

After the propagator generates the drag profile data
and the noise and bias are applied, both PTE and its
data processing scheme are run, utilizing the flight-
like data for end-to-end testing of the PTE algorithm.
The radius of periapsis that is input into PTE is held
constant as the initial radius of periapsis. This testing
provides the basis for the error analysis presented in
Section 5.

Copyright © A. Deepak Publishing. All rights reserved.

5. Error Analysis

For the ADE application, PTE is used to schedule
the timing of IMU data acquisition, so that accelera-
tion and angular rate data from drag passes can be used
to assess the aerodynamic stability provided by the
drag sail. Periapsis time predictions resulting from the
PTE process must be accurate enough to ensure that
the drag pulse is captured during the central 20
minutes of the 25-minute IMU data collection period.
This section will discuss the error sources in the PTE
algorithm and their impact on the accuracy of the per-
lapsis time estimation. Error sources are compared
against high fidelity simulator data. The mean and
standard deviation of the error due to each source is
computed. These statistics are calculated for the begin-
ning 25% of the mission’s periapsis passes, the middle
50%, and the end 25%, and are summarized in Section
5.6.

The magnitude of the periapsis timing error is
heavily dependent on the size of the current orbit. Or-
bits with a higher apoapsis see exponentially larger er-
rors in periapsis time estimation for a constant error in
AV. Early in the ADE mission, the highly elliptical ge-
osynchronous transfer orbit will cause PTE to be prone
to large periapsis time errors. However, as the orbit’s
apoapsis decreases, the PTE error will decrease. Fig-
ure 4 demonstrates the relationship between apoapsis
altitude and periapsis time error for a set of errors in
calculating AV from an acceleration profile. Periapsis
altitude was held constant at 185 km.
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Figure 4. PTE time error vs. apoapsis altitude for given errors
in estimated AV.
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Since PTE must operate on flight computers with
limited processing power, the algorithm was created to
be as computationally simple as possible. Several sim-
plifying assumptions were made to streamline the al-
gorithm and reduce the computational load; however,
the simplifications introduce error sources that impact
the accuracy of periapsis time estimation. Assump-
tions include that the cumulative change in velocity
during a drag pass is treated as an impulsive AV oc-
curring at periapsis. Additionally, the periapsis alti-
tude is held constant as from the most recent orbit state
update uplinked from ground operators. Finally, tim-
ing calculations are based upon two-body orbital me-
chanics, neglecting third-body effects and non-gravi-
tational perturbations. Each of these assumptions is
analyzed to determine the contribution to the PTE er-
ror budget.

5.1. Impulsive Velocity Change Assumption

To simplify calculations, PTE approximates the
change in velocity due to the drag pass as an impulsive
AV applied at periapsis. However, treating the distrib-
uted change in velocity as an instantaneous AV creates
a source of error. To characterize the magnitude of this
error, an ADE scenario was created in the General
Mission Analysis Tool (GMAT). The AV was calcu-
lated for each drag pass and given to both PTE and
GMAT for calculation of the next orbit period so that
the same amount of drag would be applied in each
propagator. Both PTE and GMAT used the same ini-
tial orbit, but differed in treating the AV as impulsive
or finite, respectively. To isolate the error due to the
impulsive AV assumption, the GMAT scenario was
simplified to match PTE as much as possible. In
GMAT, the spacecraft was given a drag coefficient of
0 to remove atmospheric effects, since the finite ma-
neuver represents the atmospheric drag pulse. The
GMAT propagator was chosen to be two-body, so
each propagator used simple two-body mechanics.
The finite maneuver in GMAT was implemented by
targeting the desired periapsis velocity after the pass,
given a mean pass duration of 800 seconds and allow-
ing the thrust efficiency to vary to achieve the specific
AV. The period output by GMAT was substituted into
PTE for each pass, and the difference in error between

Copyright © A. Deepak Publishing. All rights reserved.

the two methods was taken to be the error due to the
impulsive velocity assumption. The error over the mis-
sion lifetime is shown in Figure 5. The error statistics
are summarized in Table 3.

Error due to impulsive velocity change assumption

Error (s)

MAMA MYV

0 50 100 150 200 250
Pass

Figure 5. Time error due to impulsive velocity assumption.

The error due to the impulsive velocity assumption
decreases throughout the course of the mission, corre-
sponding with the shrinking radius of apoapsis, as dis-
cussed in Figure 4.

5.2. Constant Periapsis Altitude Assumption

PTE uses the orbital periapsis radius in its calcula-
tions twice per iteration. The radius of periapsis is first
used in Eqgn. 2 to calculate the initial velocity at peri-
apsis, and then in Egn. 3 to estimate the post-pass
semi-major axis. The radius of periapsis is the only
term in PTE’s calculations that cannot be estimated us-
ing IMU data, and therefore must be updated from
ground operators as it changes throughout the mission.
Figure 6 shows the relationship between the error in
periapsis radius and PTE time error for several orbits
of different apoapsis altitudes. The AV of the drag pass
also impacts this error, such that larger values of AV
lead to higher time error. A 6 m/s velocity change was
used to generate the data in this figure.

The ADE mission will receive updates to its orbit
parameters from the 18th Space Control Squadron ap-
proximately once per day, and as such, the radius of
periapsis is assumed to be constant throughout each
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Table 3. ADE Periapsis Time Estimation Error Budget

Beginning 25% of Deorbit Middle 50% of Deorbit Final 25% of Deorbit
Error Source Mean Standard Mean Standard Mean Standard
Error () Deviation (s) Error () Deviation (s) Error (s) Deviation (s)
Constant Periapsis Radius Assumption 0.6 0.1 0.3 0.04 0.1 0.05
Impulsive Velocity Assumption 8.7 3.6 3.6 0.9 34 1.2
Two-Body Orbit Assumption 20.8 8.3 4.8 3.1 0.5 6.6
IMU Noise 25 5.6 1.1 3.6 0.4 35
IMU Bias 175 215 10.9 9.1 9.5 6.2
Drag Centroid Offset from Periapsis 0.0 0.3 0.0 0.4 0.0 0.5
Threshold Function 21.7 9.8 9.5 3.4 6.2 3.7
Non-Drag Acceleration 44.8 15.6 16.0 5.4 10.2 2.6
Total 122.6 30.2 46.2 12.1 30.3 10.8

day before update, causing some error in PTE’s calcu-
lations. Based on deorbit rate analyses done using
GMAT, the mean daily change in periapsis radius as it
oscillates throughout an orbit is estimated to be 7.4 km
towards approximately the last 25% of the mission
with a standard deviation of 2.1 km, while for the be-
ginning 25% and middle 50% of the mission, the mean
daily change is about 3.8 km and 4.5 km, both with
standard deviations of 0.6 km. Using Figure 6 early in
the ADE mission, while the apoapsis altitude lies near
35,000 km, this would result in a mean 0.6 sec error in
periapsis time. The other results of transforming peri-
apsis radius error into PTE error are summarized in
Section 5.6. As with most error sources, this time error
will decrease as ADE deorbits and the radius of
apoapsis decreases, even with a greater daily change

——h_=35,000 km
|| ——h_=20,000 km
ha=10,000 km
| | ——h,=5,000 km

PTE Error (sec)
w

5 //

0 5 10 15 20 25 30
Periapsis Radius Error (km)

Figure 6. PTE time error vs. periapsis radius error for given
apoapsis altitudes.
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in radius of periapsis. Over the deorbit timeline, the
PTE error due to a changing periapsis radius is negli-
gible in comparison with the other error sources.

5.3. Two-Body System Assumption

As previously stated, PTE assumes that ADE op-
erates within a two-body system with the Earth as the
primary body, ignoring the effects of the Moon, Sun,
and other perturbations. To analyze the error due to
this assumption, results from PTE were compared with
results from GMAT. For each run of PTE, the PTE-
calculated AV was applied as an impulsive maneuver
in the anti-velocity direction in GMAT using the same
initial pass orbit. GMAT propagated to the next peri-
apsis and returned the orbit period.

Figure 7 compares the resulting periods calculated
within PTE using the two-body assumption and using
the GMAT 3-body propagator with a JGM-3 4th order
gravity model. Over the deorbit timeline of ADE,
PTE’s two-body assumption gives less accurate results
than GMAT. Initially, PTE’s calculated orbit period is
around two to three minutes longer than GMAT’s
propagated orbit period. This would indicate that
third-body effects and other perturbations may decay
the orbit more significantly than PTE expects; these
effects are dependent on the initial orbit geometry and
actual epoch, which will not be known exactly until
launch. However, as the radius of apoapsis shrinks
along with perturbations outside of the two-body as-
sumption, PTE’s calculations become more accurate
and the error decreases. The error in Figure 7 is the
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Comparison of orbit periods
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Figure 7. Comparison of predicted orbit periods from PTE calculations and GMAT.

contribution of the two-body assumption to the error
within PTE rather than the difference in periods, and
is calculated by comparing GMAT data with PTE data.

5.4. IMU Error Sources

Other sources of error within the results of the PTE
stem from drift and calibration issues with the IMU
used to measure acceleration. IMU accelerometer data
error can be characterized as noise, drift, and temper-
ature-induced bias.

5.4.1. IMU Noise

The IMU per-axis RMS noise, as summarized in
Table 2, translates to 0.0098 m/s? in 3-axis magnitude.
To filter out this noise, a window filter has been im-
plemented. A window filter processes data by replac-
ing each individual data point with the average of all
data points within the defined window centered on the
individual point. The first and last half-windows of
data points are not processed, because the window
would fall outside of the data set. Instead, the values
in these unfiltered ranges are respectively set equal to
the first and last filtered value.

For PTE, the window size is defined as 120 data
points to capture two minutes of data. Figure 8 shows
an example unbiased drag pass with simulated noise
overlaid with the same the same drag pass after the
window filter has been applied. Figure 8 shows that
although the noise magnitude is large in comparison to

Copyright © A. Deepak Publishing. All rights reserved.

the drag pass, a noise filter can be effective in deter-
mining the acceleration signal, with a small amount of
residual error.

Window filter on noisy data
0.06 T !

Noisy data
0.05 | s Filtered data | |

0.04 Il
0.03 |
0.02+

0.01 {

Acceleration (m/sz)

-0.01

-0.02

0 500 1000 1500
Time (s)

Figure 8. Comparison of unbiased pass data before and after
noise filter.

5.4.2. IMU Drift and Bias

Due to temperature ramp up from internal heat
generation as the IMU is powered on at the beginning
of each pass, the IMU experiences a temperature-de-
pendent bias as well as a time-dependent drift, which
will be corrected using the calibrated accelerometer
data from the beginning and ending 150 sec of the 25
min dataset. Figure 9 shows this correction performed
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on a simulated biased drag pass. It can be seen in Fig-
ure 9 that the temperature-based correction can signif-
icantly decrease the bias using the correlation between
the observed bias and the temperature ramp up.

0.14

Based data
Corrected data

Acceleration (m/sz)

o = o o
(=] e o 124 -
® 8 & o N

o
o
[N}

o

0 500 1000 1500
Time (s)

Figure 9. An example biased pass after bias correc-
tion.

To isolate the error due to the IMU noise and bias,
the overall PTE error over the mission timeline was
calculated in the propagator twice, once with only sim-
ulated noise and once with only simulated bias. Figure
10 shows these error results. The error without noise
or bias curve represents the inherent error due to the
thresholding function, discussed in the upcoming sec-
tion. This threshold error is the base error onto which
the noise and bias errors are added in this situation.

15!)Eostimation error over mission due to noise

— Error with noise
100+ — Error without noise or bias | -

PTE Error (sec)
(&)}
o o

n
S

-100 ¢

-150 : : : :
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Drag Pass Number

Figure 10. PTE Threshold Function.
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Therefore, the error of note is the deviation between
the threshold error and the noise and bias errors, and is
not relative to the zero-error line.

5.4.3. Threshold Function

PTE incorporates a minimum acceleration thresh-
old within its calculations to avoid integrating noise
and bias artifacts. Implementation of this threshold re-
duces the computed drag pass duration, and therefore
results in an underestimate of the velocity change dur-
ing a drag pass. Through testing of different thresh-
olds, it was found that higher thresholds resulted in far
better performance. Although higher thresholds can
underestimate the AV, lower threshold settings can re-
sult in noise or bias artifacts being included in the AV
calculation, resulting in large PTE errors. The benefit
of a threshold is shown in Figure 11, where the error
over the mission has been calculated with and without
a threshold. It can be seen that a threshold can signifi-
cantly decrease the magnitude of error.

However, PTE has an inherent error due to the
threshold function. To approximate this error, the dif-
ference in overall error in PTE with and without the
threshold was calculated in the propagator without
noise or bias, shown in Figure 12 below. Despite this
error, the threshold function must be implemented, as
it is necessary for avoiding greater error caused by
noise and bias.

15Estimation error over mission due to bias
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Figure 11. Error in PTE with and without a threshold.
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Figure 12. Base error in PTE without noise or bias.

5.5. Additional Error Sources

Other sources outside of the scope of assumptions
or hardware limitations remain. These error sources
include the effects of uneven atmospheric density pro-
files resulting in asymmetric acceleration profiles, and
the effect of any lift forces being included in the meas-
ured acceleration profile.

5.5.1. Drag Centroid Not Equivalent to Periapsis

PTE assumes that the time centroid of each drag
pass is the true periapsis of each pass. However, it is
likely that this is not the case for every drag pass, due
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to the local atmosphere. The actual Earth atmosphere
IS inconsistent compared to the Earth GRAM-gener-
ated atmosphere, and as such, actual drag passes will
not be symmetrical, bellcurve-like passes but rather
more jagged and uneven. The centroiding method of
the PTE is similar to a weighted average in that each
time step is weighted by its corresponding accelera-
tion. Thus, for rough pass curves, the centroid may be
pulled towards a time that is not the true periapsis.

To investigate the effect of this on PTE, aerobrak-
ing data from Mars Reconnaissance Orbiter (MRO)
were analyzed using PTE’s centroiding scheme. Orbits
280 and 211 were chosen for comparison, as orbit 280
has a jagged profile due to a spike of double density,
as described by Tolson, and orbit 211 has a typical,
nearly symmetrical profile (Tolson, 2011). The accel-
eration aerobraking data do not mark periapsis, but the
reconstructed density data record time from periapsis;
using this, the density data were overlaid and scaled to
estimate the pass periapsis.

As shown in the right side plot in Figure 13, PTE
is fairly accurate when centroiding periapses of typical
passes. In this case, with orbit 211, the calculated cen-
troid of the acceleration pulse is within 15 seconds of
the periapsis time reconstructed from the navigation
data. However, the left graph of orbit 280 shows a
more complex case of an inconsistent density profile.
Around 120 to 180 seconds, atmospheric density
roughly doubles in magnitude and fluctuates until the
peak at around 280 seconds. Since PTE uses a cen-
troiding scheme similar to a weighted average, PTE is
prone to shift the centroid towards areas of higher den-
sity. With this rough profile, the PTE error in calculat-
ing the centroid of the acceleration pulse is about 45
seconds. Although MRO’s spacecraft, orbit, and plan-
etary atmosphere are different from ADE’s, the under-
lying mechanism for centroiding drag passes are simi-
lar, and thus will have a similar error. To further ana-
lyze the error due to inconsistent atmospheres, a
Monte Carlo simulation was created in MATLAB.
This simulation uses the data from passes 5, 120, and
200 to represent the beginning, middle, and end of the
mission, taking the velocity data and density profile.
The Monte Carlo simulation divides up the density
profile into sections of length 5 minutes, 4 minutes, 3
minutes, 2 minutes, 1 minute, 30 seconds, 15 seconds,
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Time Centroid Method on MRO Data
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Figure 13. PTE centroided periapsis run on MRO aerobraking pass data compared to actual periapsis.

and 5 seconds. Then, for each section length, the sim-
ulation runs through each section of the drag pass in-
dividually, allowing the density in that section to devi-
ate normally. From EarthGRAM 2016, the 1-sigma
deviation of density at 185 km is around 10%, which
is used in this simulation. The acceleration profile is
calculated using each perturbed density profile as
usual, and PTE’s centroiding scheme is run to collect
the time centroid. This process runs for each section
length 1000 times. Finally, the mean and standard de-
viation of the difference between the time centroids
and the true periapsis are calculated. All values are
contained in Table 3. The mean and standard deviation
for each time period are very small. This indicates that,
although the error may be significant for a single pass,
over the course of the mission these errors will average
out to have a negligible overall effect on the accuracy
of PTE.

5.5.2. Acceleration from Lift VVectors in IMU Data

Since the orientation of the spacecraft cannot be
known, all acceleration measured by the IMU is as-
sumed to be drag. Extracting the acceleration solely
due to drag would require knowledge of absolute atti-
tude, which ADE does not possess. However, certain
orientations of the spacecraft could cause lift to be pro-
duced. Within PTE, the fraction of the overall acceler-
ation that results from lift causes an overestimation of
the drag produced. For ADE, the square pyramid drag-
sail geometry provides passive aerodynamic stability
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near periapsis about the maximum drag orientation
(Black, 2020). As shown in Figure 14, the total angle
of attack of the vehicle is below 10 deg near periapsis.
For these low total angles of attack near periapsis, drag
is dominant over lift, and the vehicle L/D is < 0.2.

7a Total AOA at orbit #1 (under 600km)
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60 [

- 500
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o
T

Total AOA (deg)
()
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T to periges (sec)
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Figure 14. Total angle-of-attack and altitude vs. time to
perigee.

Other non-drag sources of acceleration can include
gravity gradients and SRP along with the more signif-
icant sources of bias and vibration (Jah, 2001). The
material for the drag sail has been chosen to be trans-
parent to avoid SRP effects. Analysis has shown SRP-
and gravity gradient-induced accelerations to be neg-
ligible during drag passes due to the periapsis altitude.
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Bias and vibration in the acceleration data are filtered
out of the processed data, as discussed previously. To
analyze the effect of lift as a source of acceleration, the
maximum L/D ratio of 0.2 was used to subtract lift
from the AV calculated by PTE in each pass. The dif-
ference between the estimated periapsis times was
taken to be the error of assuming all acceleration is
drag. Since this is the maximum lift case, it is an over-
estimate for this error but still provides insight on
trends and relative magnitude. The error due to lift is
large during the beginning of the mission, but de-
creases significantly over time with decreasing radius
of apoapsis. The error statistics are summarized in
Table 3.

5.6. Periapsis Time Estimation Error Budget

In summary, the primary causes of error in periap-
sis time estimation are the impulsive velocity assump-
tion, the two-body system assumption, the IMU noise
and bias, and lift acceleration. Errors due to the con-
stant periapsis radius assumption and atmospheric in-
consistencies are much smaller than the other error
sources. The mean and 1-sigma errors from the identi-
fied sources are summarized in Table 3. These errors
are actual and can be positive or negative. Errors are
provided for the beginning, middle, and end of the
ADE deorbit profile.

The total standard deviations for each phase in Ta-
ble 3 are calculated as the Root Sum Squared totals.
The total mean error over the entire mission timeline
IS estimated to be 61.3 seconds, or approximately a mi-
nute, and the estimated mean 1-sigma error over the
mission is 16.3 seconds. As the mission progresses, the
mean error tends to decrease significantly; however,
when rapid deorbit begins to occur at the very end of
the mission, the variation in error will increase due to
much larger atmospheric density and drag. Overall,
since the drag pass durations are expected to be around
15 minutes, these errors will fall within the require-
ments that the PTE algorithm is sufficiently accurate
to acquire the drag pass data within a 25-minute data
collection period (less 150 seconds at the beginning
and the end of the data acquisition period for accel-
erometer calibration).
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5.7. Cumulative High-Fidelity Simulation

Since the estimated error budget in Table 3 is cal-
culated from individual error sources, a final analysis
of PTE’s accuracy was completed to compare the
overall error with the budget in Table 3. High fidelity
data was generated in GMAT with a three-body prop-
agator, JGM-3 4th degree gravity model, and atmos-
pheric drag and input into PTE. Figure 15 shows the
plotted error over the mission timeline. Table 4 sum-
marizes the statistics in the same format at Table 3 for
comparison with the results of Table 3 in the final row.
Note that the GMAT data uses a spherical drag model
and as such the error due to the drag assumption dis-
cussed in Section 5.5.2 does not carry over into the fi-
nal comparison in the last row.

PTE error on high fidelity simulated data

150
100 |

PTE Error (sec)
o

0 50 100 150 200 250
Drag Pass Number

Figure 15. PTE error over mission timeline on high fidelity
data.

Table 4 shows that the error budget estimated in
Table 3 is close to the error calculated in a high-fidel-
ity run. The exact magnitude of error will change be-
tween runs due to the random error and temperature
bias and will differ during the actual mission due to
different initial orbit conditions. However, overall, the
results from the high-fidelity data support the relative
magnitudes reached through this error analysis.
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Table 4. Cumulative Error Comparison with Error Budget

Beginning 25% of Deorbit Middle 50% of Deorbit Final 25% of Deorbit
Mean Standard Mean Standard Mean Standard
Error (s) Deviation (s) Error (s) Deviation (s) Error (s) Deviation (s)
Total 66.5 36.0 24.4 13.3 17.4 10.3
Individual Combined (Non-Drag Excluded) 77.8 25.9 30.2 10.9 20.1 105

6. Conclusions

Periapsis time estimation is a technique for using
on-orbit accelerometer data from drag passes to update
predicted times of future periapses. For the ADE mis-
sion, the PTE process is required in order to capture
IMU data during drag passes, which will then be used
to characterize the aerodynamic stability provided by
the drag sail.

The accuracy of the PTE algorithm is largely
driven by the assumptions of impulsive velocity and a
two-body system within the algorithm. Other error
sources external to PTE include the IMU noise, drift,
and temperature bias. Use of an IMU more accurate
than the MEMS UM7 would allow improved PTE per-
formance. A rigorous analysis of the error sources in
the PTE algorithm indicate that the PTE error is great-
est in the early portion of the ADE deorbit timeline,
when the orbit eccentricity is the greatest. Mean PTE
errors of 123 sec with standard deviation of 30 sec are
expected during the early part of the mission. As the
vehicle deorbits, PTE accuracy improves, reaching a
mean error of 46 sec with a 12-sec standard deviation
prior to reentry. During the end of mission, mean error
decreases to 30 sec with a standard deviation of 11 sec.
The approach presented for assessing the accuracy of
the PTE algorithm also has applications to planetary
aerobraking, as well as science missions that involve
repeated dips into a planetary atmosphere.
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